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Predicting Flight by Flight Fatigue Crack Growth Rates

J. P. Gallagher * and H. D. Stalnakert
Air Force Flight Dynamics Laboratory, Wright-Patterson Air Force Base, Ohio

Several crack growth prediction approaches are examined for their ability to predict both the magnitude and
trend of fatigue crack growth rate data generated under transport wing flight simulation loading. Three cycle-by-
cycle accounting approaches, one with no load interaction and two which incorporate high-to-low load in-
teraction, are studied. Two stress-stress intensity factor characterization approaches are also examined. These
two characterization approaches isolate principal variables from the input stress spectrum and then utilize the
no-load interaction, cycle-by-cycle approach to obtain estimates of crack growth rates. The results indicate that
load interaction cycle-by-cycle accounting procedures lead to more accurate crack growth predictions principally
because they incorporate the influence of the high-to-low load interaction phenemonon.
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Nomenclature
= crack length
= cyclic crack growth rate based on constant am-

plitude loading
= average growth rate for a typical flight
= growth rate constants
-flight
— stress intensity factor
= residual stress intensity factor
^maximum stress intensity factor at the

threshold level of fatigue cracking
= cycle count
= number of cycles in any flight
= number of cycles in any group of 50 flights
= stress ratio
= overload shut-off ratio, establishing a con-

dition of no-fatigue crack growth following an
overload

= overload created load interaction zone
= parameter relating yield zone radius to ZOL

= incremental crack movement defined by a
block of 50 flights

= incremental crack movement generated by low
loads applied subsequent to high load,
measured from crack position defined by
high-load cycle

= range of stress intensity
= range of stress
= stress
= yield strength

Superscripts and Subscripts
ef f = effective
OL = associated with overload
p = peak
W = Willenborg
oo = associated with remote loads
avg
f
F
max
min

=average
= final
= flight
= maximum
= minimum
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° = initial
= bar over parameter indicates rms function

Introduction

TWO general methods have been proposed for pre-
dicting fatigue crack growth behavior of spectrum loaded

structures. One method utilizes cycle-by-cycle accounting
procedures to determine the advance of a crack for each ap-
plied load cycle.*"6 The other method characterizes the spec-
trum with significant root mean square (rms) load variables
prior to predicting the average crack movement expected per
cycle at a given crack length.7"1 ]

Brussat1 employed a linear-summation, no-load interaction
cycle-by-cycle crack growth predictive approach which ac-
counted for the influence of the stress ratio (R) of each load
cycle in the spectra. He found that the predictions were con-
servative, but normally by less than a factor of two with
respect to the spectra generated crack growth rates. Wheeler2

and Willenborg et al.,3 suggested two cycle-by-cycle
procedures which incorporate high-to-low load interaction ef-
fects via crack growth retardation models. Retardation
models predict that crack growth rates for low loads applied
subsequent to a high load will be significantly slower than if
the high load were not applied. Most of the predictions
developed using retardation models correlate reasonably well
with the spectrum generated crack growth data but both
models have deficiencies.5 Recently, Gallagher and Hughes12

generalized the Willenborg et al. model so that many of the
noted deficiencies5 were removed.

Paris7 first suggested that since the stress range has the
most pronounced influence on constant amplitude induced
crack growth rates, it should be isolated as the most
significant parameter in a stress spectrum. Smith,8'9 Swanson
et al.,10 and Barsom11 have applied the stress range charac-
terization approach with good success in correlating crack
growth rate data generated by random loadings. In the ran-
dom loadings studied,7"11 the stress ranges were shown to be
closely described by a continuous unimodal distribution stress
function; specifically, a Rayleigh distribution function. All in-
vestigators7"11 made clear that the application of the stress
characterization approach should be restricted to stress
histories which can be described using a continuous unimodal
distribution function. The restriction applies principally with
respect to stress ranges and secondly to maximum stresses.

The objective of this paper is to evaluate several approaches
for characterizing crack growth rate behavior generated under
typical transport-wing flight-simulation loading. To achieve
this objective, the accuracy of several cycle by cycle crack
growth accounting procedures and stress—stress intensity fac-
tor characterization approaches are examined on the basis of
their ability to predict both the magnitude and trends of crack
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growth rate data generated under flight simulation loading. A
radial corner crack configuration which is frequently noted to
appear in cracked aircraft hardware was chosen to generate
the flight-simulation crack growth-rate data. This increased
complexity was added only to show the versatility of the
analysis procedure.

The cycle-by-cycle crack growth predictive approaches that
are examined in this investigation use the load accounting
methods identified by Brussat,1 Willenborg et al.,3 and
Gallagher and Hughes.12 Barsom's root mean square (rms)
stress approach11 is utilized to characterize the stress range,
the maximum stress, and the once per flight peak (min) to
peak (max) stress histories.

Spectra
Description of Stress Spectra

Two transport-wing flight-simulation stress histories were
employed in this investigation for the generation of crack
growth rate data. Spectrum A is representative of the stresses
experienced on the upper skin of a transport wing while spec-
trum B characterizes the stresses experienced by the lower
wing skin at a point directly below the upper surface point for
which spectrum A applies. Both spectra contained fourteen
different types of flights, each representative of a specific
mission usage. In general, the flights were composed of one
ground to air stress cycle (GTAC) and the taxiing (Spectrum
A) or gust/maneuver (Sepctrum B) stresses were arranged in a
low-high-low sequence as indicated by Fig. 1. The ordering of
the individual mission usage flights was randomized over a
sufficiently large block of flights so that the random mission
mix block of flights contained a representative fraction of the
total number of missions in the expected lifetime (6000 flights)
of the aircraft. There were 100 flights in the random mission
mix block developed for Spectrum A, and 300 flights for
Spectrum B. See Ref. 13 for additional details.

RMS Stress Parameters
In using the root mean square (rms) stress range parameter

approach, only the rising (to higher tension) portion of the
stress cycle was considered. The reason for choosing the rising
stress range approach was suggested by the careful fatigue and
fractographic investigation conducted by McMillan and
Pelloux14 and by Barsom's investigation15 of the influence of
wave form on corrosion fatigue crack growth rates. Both in-
vestigations identify the rising stress change with fatigue crack
movement.

The rms parameter (Aa) used to characterize the combined
influence of all positive stress ranges (Aa/) in a spectrum con-
taining N cycles was obtained from

(1)

Because of the noted influence of stress ratio on constant am-
plitude fatigue crack growth behavior,16'17 an rms parameter

STRESS

( tfmax, )2/N

L J
(2)

was selected to characterize the maximum stresses A measure
of the stress ratio predominating in a spectrum can then be
obtained from

7? = /-Aa/am a x (3)

Listed in Table 1 are the representative rms parameters used
to characterize Spectra A (upper surface) and B (lower sur-
face). Also included in Table 1 is the average number of cycles
per flight of loading. A second set of representative rms
parameters which isolate the once per flight peak (minimum
and maximum) stresses are provided in Table 2. These rms

Fig. 1 Flight loading described schematically.

Table 1 Representative rms stress parameters for a given flight

Spectrum ax (ksi) Aa (ksi) 7VFCycles/flight

A
B

11.72
12.30

6.10
4.45

0.480
0.640

32
351

Table 2 Peak-to-peak stress characterization for a given flight

Spectrum

A
B

max
(ksi)

13.5
18.5

^in
(ksi)

-15.2
-15.1

R

-1.12
-0.82

Cycles/flight

1
1

peak stress parameters were calculated using an equation
similar to Eq. (2).

Material, Geometry, and Test Methods
Material and Specimen Geometry

Specimens of the type shown in Fig. 2 were machined from
extruded (7075-T6511 aluminum alloy) wing stock material.
The specimen thickness was 0.250 in. in the gage section. Con-
stant-amplitude and flight-simulation crack growth was
monitored for small radial corner flaws growing from 0.250
in. diameter holes. Contained in Table 3 is a listing of initial
and final crack-length conditions with the corresponding
number of flights elapsed in each spectrum studied. Ad-
ditional constant amplitude loadings were applied to center
cracked panels having the geometry shown in Fig. 2. A single
crack was located in each 12-in. bay of the specimen for these
constant amplitude tests.
Stress Intensity Factor Coefficient

The Hsu and Liu18 analysis for a radial corner crack
located at the edge of a hole was modified to account for the
continuous crack shape changes which were noted to occur
during crack growth. The small corner flaws were ap-
proximately quarter circular in shape but grew more rapidly
along the hole so that when the surface crack length was 0.125
in. the crack along the hole was just reaching through to the
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Fig. 2 Specimen geometry. (AH dimensions in inches.)
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Tab|e3 Test results

Test condition

Spectrum A
Al
A2
A3
A4
A5
A6
A7

Spectrum B
Bl
B2
B3
B4

Initial
crack

length (in.)

0.038
0.200
0.350
0.545
0.091
0.190
0.295

0.035
0.036
0.050
0.046

Final
crack

length (in.)

0.108
0.275
0.478
0.805
0.141
0.262
0.443

0.096
0.125
0.452
0.391

Flights
elapsed

6020.
2900.
3000.
5000.
3000.
2600.
5000.

800.
1160.
2660.
2460.

I 0.250 INCH THICK PLATE

0.250 INCH DIAMETER HOLE

0 -05 -10 -15 -20 -25 -30 -35 -40

RADIAL CRACK LENGTH, INCH

Fig. 3 Stress intensity factor coefficient for a radial corner crack
emanating from a 0.250-in. hole in a 0.250-in.-thick plate.

back surface. The through-the-thickness-type crack geometry
was achieved when the surface crack length, a, was ap-
proximately equal to the specimen thickness (i.e., a-0.250
in.). A plot of the stress intensity factor coefficient employed
in this investigation is given in Fig. 3.

Crack Growth Data and Test Equipment
Crack growth was visually monitored using binocular zoom

microscopes with a maximum magnification of 40X.
Calibrated Mylar scales containing 0.005-in. divisions were
attached to the test specimens to obtain crack length
measurements. The crack lengths readings were estimated to
be well within ±0.002 in. Crack lengths were normally
measured at the end of a sequence of twenty flights.

Crack growth data were collected in both dessicated air
(RH<10%) and laboratory air (50<RH<80%). Since no
discernable differences in growth rate were noted between
these two environments, the growth rates were collectively
used in the data base. The crack growth data collected under
both constant amplitude and flight simulation loadings were
reduced to obtain meaningful crack growth rate information.
Fatigue crack growth rates were developed from these crack
length vs applied cycles data utilizing the movable strip
technique19 using 7 consecutive data points fitted with a linear
least squares determined equation (see Refs. 20 and 21 for fur-
ther details).

Constant amplitude and flight simulation loads were ap-
plied using programable, closed-loop electro-hydraulic testing
machines. Loads were applied in all tests at a frequency of 2.5
or 1.25 Hz. The applied loads in the load simulation tests were
maintained to within 3% of programed values.

Parameters Controlling Crack Propagation
RMS Stress-to-Stress Intensity Factor

As suggested by Paris,7 a characterizing (rms) stress
parameter, which describes a stationary random process,
could be employed to determine the corresponding crack tip
stress intensity factor parameters through the use of

(4)

where (rms) parameters replace the normal deterministic
stress-stress intensity factor parameters. For this in-
vestigation, the term on the right-hand side of Eq. (4) comes
from Fig. 3. Paris' argument for the use of Eq. (4) was based
on the fact that small crack advances do not significantly
change the magnitude of the stress intensity factor coefficient
function. Earlier investigators7"11 have shown that stationary
random load processes do not normally introduce significant
load-interaction effects.

Cycle by Cycle Accounting Models
The three models used to calculate growth rates on a cycle

by cycle basis employ the residual stress intensity factor con-
cept. This concept suggests that the local or effective stress in-
tensity factor (ATeff) at the crack tip can be calculated on a
cycle-by-cycle basis using

KQ = K°° —KR (5)

where AT00 is the stress intensity factor associated with
remotely applied loads and KR is the residual stress intensity
factor which incorporates the memory of prior loading. For
the linear summation cycle by cycle accounting procedure,
there is no memory of prior loading so KR is identically zero.

Residual Stress Intensity Factors
The two retardation models employed in this paper only

describe the effect of decreased growth rates following an
overload, so KR in Eq. (5) is such that #eff < K°°. The Willen-
borg et al.3 retardation model develops a residual stress in-
tensity factor (associated with an overload KOL ) that can be
expressed in the following form22:

(6)

The term Aa°L represents the incremental movement of the
crack subsequent to the application of the overload. The
reader should note that Eq. (6) only applied when KR>0;
otherwise, KR is set equal to zero (the condition for no-load
interaction). The term ZOL refers to the overload generated
load interaction zone size which normally can be ap-
proximated by

[KOL/ov (7)

with a choice of '7 = ! for high-strength steels12'23 and for
2024-T3 aluminum alloy.24'27 Other alloys, specifically
Ti-6AL-4V alloy, requires that 7 must be chosen larger

Gallagher and Hughes12 showed that is was possible to
generalize Eq. (6) so that KR would adequately account for
the overload generated arrest boundary condition (i.e., if
(KOL/K™^)>S, then da/dN=Q). The Gallagher-Hughes
residual stress intensity factor is given by

where the proportionality factor <f> for a given remote loading
is determined using

(S-l) (9)
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The maximum stress intensity factor (Kth) is associated with
the fatigue crack growth threshold for a stress ratio (R =

Table 4 Upper and lower bounds on|rms stress parameters11

m n m a x
Probst and Hillberry25 generated fatigue crack growth data

subsequent to singly applied overloads for 2024-T3 aluminum
alloy and determined that crack growth arrest would occur
whenever the overload ratio KOL/K™ax was greater than a
value of 2.3 (i.e., S = 2.3). Gallagher and Hughes12 and
Petrak and Gallagher23 assumed that S was approximately 2.3
for two different steels heat treated to various yield strength
levels and found that this assumption allowed for good
predictions of overload affected fatigue crack growth
behavior. In this investigation, the following assumptions
were made to determine the retardation parameter models
identified in Eq. (7) and (9): 1) 7 = !; 2) 5-2.3; and 3)
Klh = 2ks i (in.) l / :.

Flight Crack Growth Rate Predictions

Description of Procedure

All predictions of crack growth rate are based on the
procedure recently outlined by Brussat.29 Briefly stated, the
Brussat procedure develops incremental crack movements for
a collection of variable amplitude loads (such as occur in a
flight). These incremental crack movements are generated
from various initial starting crack lengths which span the ex-
pected crack length interval for the geometry of interest.
Where the crack growth rate prediction procedure employed
herein differs from the Brussat approach is in the selection of
the collection of variable amplitude loads. Brussat chose to
employ a collection of loads which repeat with period T.
Unfortunately, most spectra are presently developed with a
block of many nonrepeating loads. For fighter spectra, one
might have 20,000 to 50,000 load cycles in a 1000 hr flight
block. Spectrum B in this investigation has approximately
105,100 load cycles in any given 300 flight mission mix block.
To make the incremental crack movement approach ap-
plicable to spectra with a large period, we suggest utilizing
rms parameters (or something similar) to sense the equivalen-
cy of subsets of the repeating large block of loads.

Applying Eqs. (1) and (2) to develop rms parameters based
on an ordered sequence of blocks containing 50 flights (N=
N50) provides the upper and lower bounds on the parameter
values identified in Table 4. Table 4 demonstrates that the in-
fluence of individual flight by flight variability can be damped
out by choosing a sufficiently large group of flights. It is also
noted that the 50 flight groupings provide rms parameters
which compare closely with those representative of the spec-
trum.

The rms parameter analysis suggests that a fifty flight
grouping would provide a suitable collection of variable am-
plitude loads typical of the spectrum. Incremental crack
movements were therefore generated using all the loads in a
fifty flight block; the equation describing the calculation
method is:

da
dN

(10)

i.e., the fatigue crack growth rate for each applied load cycle
in a block of 50 flights was summed. Additional details on
how the fatigue crack growth rates are calculated can be
found below. By repeatedly increasing the initial crack length
(a0) by a factor of 1.3, an initial crack length range of 0.035 to
0.627 was covered for twelve incremental crack movements.
To obtain the average growth rate per flight, the incremental
crack movements defined by Eq, (10) were divided by the
number of applied flights (50) used in generating the in-
crement.

Rather than selecting any specific 50 flight grouping of
loads when using the cycle by cycle analysis, 12 consecutive 50

Parameter

^max(ksi)

Aa(ksi)

<ax(ksi)

^in(ksi)

<NF>

Spectrum

A
B
A
B
A
B
A
B
A
B

Lower bound

11.72
11.97
5.98
4.38

13.38
17.87

— 15.57
— 15.19

31
337

Upper bound

11.74
12.55
6.23
4.49

13.61
18.97

— 14.95
— 14.89

31
367

aBased on 120 consecutive 50-flight groupings in spectra.

flight groups were taken from the first 600 flights applied in
each of the two spectra considered. For the cycle by cycle
analysis, the first incremental crack movement was obtained
using Eq. (10) wherein the individual growth rates were
associated with the first 50 flights in a spectrum, the second
movement (from a new a0) was associated with flights 51 to
100, and so forth until 12 growth increments were generated.
For the stress-stress intensity factor characterization ap-
proach, the representative flight repeats throughout the spec-
trum so in applying Eq. (10), the representative flight is
repeated 50 times.
Determining the Cyclic Crack Growth Rate

In the application of Eq. (10), a continuous update of crack
length is employed as the crack moves from its initial position
a0 prior to the calculation of stress intensity factors and hence
cyclic crack growth rates [ ( d a / d N ) \ i ] . The cyclic crack
growth rate is obtained for each load application employing a
stress intensity factor-crack growth rate relationship of the
following form:

da
dN

(11)

where the choice of ATmax and R is dictated by the method of
calculating the controlling stress intensity factor. For the cycle
by cycle accounting approaches, Eq. (5) is evaluated using the
maximum load in a given load cycle to obtain Kmax =KQ^[x and
the stress ratio R in Eq. (11) is obtained from

-KR) (12)

where KR =0, or KR is calculated using Eqs. (6) or (8). When
the rms parameter approaches were used, the cyclic crack
growth rate is determined using the spectrum's representative
rms maximum stress intensity factor and rms stress ratio ap-
plied on a per cycle basis.

The functional form of the stress intensity factor-crack
growth relationship is given by the following two equations:

f(KmaxR<0) -8.133 I 2.150

and
s>0) =8.631 x l O - 8 [ * m a x -3(1 -

(1-fl) 0-696] 2.347

(13)

(14)

Equations (13) and (14) were found to describe the constant
amplitude crack growth rate data that were collected in con-
junction with the flight by flight test program. Stress ratios of
-1, -0.83,0.1, 0.2, 0.4, 0.5, and 0.67 were used in this con-
stant amplitude test program. The negative stress ratio
equation [Eq. (13)] was based on crack growth rate data be-
tween 5 and 200 ^ in. /cycle, while the positive stress ratio
equation [Eq. (14)] was developed using crack growth rates
between 0.1 and 200-/* in. /cycle.
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Results and Discussion
Flight Simulation Crack Growth Rates

Figure 4 describes the crack growth rate behavior generated
under loading by spectra A and B for the crack length in-
crements given in Table 3. The crack growth rate data are por-
trayed as a function of the rms maximum stress intensity fac-
tor which was calculated using the representative rms
maximum stresses given in Table 1 and Eq. (4) evaluated with
the stress intensity factor coefficient presented in Fig. 3. Iden-
tified in Fig. 4 are least-squares determined power law curves
of the type

(15)

that were developed to describe the general and mean trend of
the data.

In the following subsections, comparisons will be made be-
tween the fitted curves shown in Fig. 4 and predictions which
were determined utilizing both cycle by cycle accounting
procedures and rms stress-stress intensity factor charac-
terization approaches. The average growth per flight deter-
mined by any of the predictive procedures to be discussed is
always portrayed as a function of the rms maximum stress in-
tensity factor evaluated at the center of the growth increment
given by Eq. (10) (i.e., at (a0 + af)/2] using Fig. 3 and the
representative rms maximum stresses given in Table 1. This
procedure was followed so that predictions can be directly
compared with the flight simulation generated crack growth
rate data.

Cycle by Cycle Analyses
Shown in Fig. 5 are the predictions based on the cycle by

cycle accounting procedures. Each individual point shown
was obtained using the crack incrementation scheme
described by Eq. (10) and its supporting discussion. Figure 5
shows that the trend established by the cycle-by-cycle predic-
tions closely follows those established by the two data sets.
Figure 5 indicates that the no-load-interaction, linear sum-
mation procedure produces growth rate predictions that are
slightly faster than the data trend for the upper surface spec-
trum (A) and approximately a factor of two times faster for
the lower surface spectrum (B). These predictions support the
earlier conclusions of Brussat] who suggested that linear sum-
mation predictions provide a conservative upper bound on
spectrum crack growth data.

As shown in Fig. 5, the application of both retardation
models produced growth rate predictions that are lower than
those generated using the no-load-interactions, linear sum-
mation approach. The growth rates associated with both
retardation models provide a reasonable description of the
magnitude and trend of the data generated by Spectrum A
while the Gallagher-Hughes model provides the better fit for
the crack growth behavior generated by Spectrum B. The ad-
ditional retardation associated with the Willenborg et al.
model results in nonconservative predictions for the lower
growth rate region of the Spectrum B data.
Stress-Stress Intensity Factor Characterization

Shown in Fig. 6 are the predictions based on two rms stress
spectrum characterization approaches. The first rms charac-
terization approach reduces the load sequences from that
typically described by Fig. 1 to a block of constant amplitude
cycles for an average flight which has the stress levels defined
by Table 1. The second approach assumes that the peak to
peak (minimum to maximum) stress level in a given flight con-
trols the crack growth induced by the flight and thereby
reduces the 6000 flight spectra to 6000 constant amplitude
cycles having the stress levels identified in Table 2 for any
given flight. In both cases, the corresponding rms stress in-
tensity factors are evaluated using the quantities identified in
Tables 1 and 2 and the stress intensity factor coefficient given
in Fig. 3 viaEq. (4).
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Fig. 4 Flight simulation crack growth rates as a function of the rms
maximum stress intensity factor.
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Fig. 5 Cycle-by-cycle predictions of flight simulation crack growth
rate trends.

The predictions based on the Table 1 rms stress charac-
terization are shown by Fig. 6 to lead to crack growth rates
that are overly conservative especially in the high growth rate
region. As can be seen by the figure these rms predictions
follow a trend that diverges from the data established trend, a
pattern that is similar to that reported by Smith.8 Smith noted
this divergence between crack growth rate data generated un-
der random stress histories which had a constant mean stress
and a continuous (Rayleight) distribution of stress ranges. In
Fig. 6, the magnitude of the divergence of the rms established
curve from that established by the data appears to be sub-
stantially greater than that observed by Smith.

The choice of the second rms stress characterization ap-
proach was dictated by a desire to isolate the large amplitude
stresses and to determine their effect on growth independent
of the small amplitude, high stress ratio cycles that normally
occur in transport wing stress spectra. Using Eq. (10), and
repeating the once-per-flight, peak-to-peak stress (from
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Table 5 Life prediction ratios

\

Model

Spectrum A
Al
A2
A3
A4
A5
A6
A7
Spectrum B
Bl
B2
B3
B4

Least
square fit

0.90
0.93
1.15
1.01
1.12
1.11
0.90

1.27
1.10
0.95
0.98

Linear Generalized Willenborg
summation retardation retardation

0.94
0.82
0.93
0.76
0.93
0.91

.28 1.36

.13 1.28

.29 1.50

.06 1 .26

.26 1.38

.26 1 .42
0.70 0.97 1.12

0.75 .59 2.94
0.63 1.35 2.48
0.47
0.50

.03 1.83

.09 1 .93

rms Peak-to-peak
all stresses stresses

0.54
0.31
0.30
0.20
0.44
0.35
0.23

.31

.43

.78

.59

.41

.58

.31

0.75 4.65
0.63 4.24
0.46 4.78
0.49 4.76
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Fig. 6 Root mean square stress-stress intensity factor predictions of
flight simulation crack growth rate trends.

Table 2) 50 times would be equivalent to the application of 50
flights of variable amplitude loading if all the fatigue growth
damage results from the application of this major cycle.

As can be noted from Fig. 6, the peak-to-peak predictions
closely follow the data-established least-squares curve for
Spectrum A which implies that the once-per-flight, peak-to-
peak stress is the major contributor of fatigue damage in this
spectrum. Figure 6 shows that the once-per-flight, peak-to-
peak stress contributes less than half the fatigue damage in
Spectrum B as indicated by the difference between the predic-
tions and the data established curve.

Overall Evaluation of Approaches Considered
As an alternative to comparing the magnitude and trend of

the predicted crack growth rates to that of the data, one could
compare the ability of the predictive approaches to predict the
crack-length vs flight behavior, that which was derived direct-
ly by test. By fitting curves of the type described by Eq. (15) to
the predicted crack growth rate data points, estimates can be
obtained for the number of elapsed flights required to move
the crack from its initial to final lengths using

06)

The quantities #, and ai+I are any two consecutive crack
length data points from a set of n points. Table 5 lists the life
prediction ratios, the predicted to actual flights elapsed ratio,
for each of the predictive approaches as applied to the crack
length, elapsed flight data identified in Table 3. Also included
in Table 5 are the life prediction ratios based on the least
squares determined fit to the data shown in Fig. 4. Note that
life prediction ratios less than one (1.0) are conservative.

Table 5 shows that a least squares determined curve based
on derived flight by flight growth rates will, when integrated,
successfully reconstruct the original data on which it was
based, not too surprisingly. The cycle-by-cycle load in-
teraction accounting procedures provided the best correlation
for predicting the trends of the growth rate data as exhibited
by Fig. 5. The different magnitudes of the cycle-by-cycle
growth rate predictions consistently result in conservative,
slightly nonconservative, and nonconservative life prediction
ratios for the linear summation, the generalized retardation
model, and the Willenborg retardation model, respectively.
Recall that the generalized retardation model as described by
Eqs. (6-9) was developed using as a boundary condition the
overload ratio that produced no growth subsequent to an
overload. Some recent experimental evidence developed by
Hillberry and coworkers30 on 2024-T3 Aluminum would
suggest that when tensile overloads are followed by com-
pressive underloads the value of the overload shutoff ratio (5)
should be greater than 2.3, the value assumed herein.
Assuming values of S greater than 2.3 for the generalized
retardation model produces predictions which are more con-
servative than those shown in Fig. 5 and listed in Table 5. Ad-
ditional studies will be needed to document the correct choice
of the overload shutoff ratio for use with this model.

The two rms stress-stress intensity factor characterization
approaches are shown by Fig. 6 and Table 5 to result in overly
conservative predictions for the approach based on the Table
1 spectrum characterization and in nonconservative predic-
tions based on the once-per-flight, peak to peak stress (Table
2) spectrum characterization. While utilizing rms stress
characterizations of the stress spectrum are desirable from a
computational time point of view, the results of this
evaluation indicate that these rms parameters do not properly
characterize the transport wing stress history, thereby
resulting in predictions which are not accurate either for
determining the magnitude or trend of the data. One con-
sequence of the rms approach is that it results in equalizing
the effects of small and large stresses (maxima and ranges) to
an average. The small stresses essentially become more ef-
fective while the large stresses are made less effective.

The crack growth rate (da/dF) vs a characterizing stress in-
tensity factor (A"max) format such as presented in Fig.4
represents a simple and useful approach for directly
evaluating flight-loading-induced crack-growth behavior.
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Such a format is suggested for comparing crack growth
behavior when experimental studies of either stress effects
(such as magnitude scaling, high-stress-level clipping, or low-
stress-level truncation) or mission sequence effects are being
conducted. These types of effects are easily evaluated by com-
parison with the magnitude and trend of the curve established
by the baseline condition. A word of caution must be added
before curves of the type suggested by Eq. (15) are applied to
predicting the crack growth behavior of other structural
geometries (including crack geometries) which differ ap-
preciably from that chosen for the data collection. For flight-
induced crack-growth behavior, Schijve et al.31 have noted
that attention must be given to the rate of change in the stress
intensity factor with crack length, i.e., dK/da. Since each
structural geometry has a unique stress intensity derivative,
Eq. (15) evaluated for one structural geometry might not
provide the transfer function needed to predict the crack
growth behavior associated with a significantly different
structural geometry. This transfer function topic needs fur-
ther work.

Conclusions
Based on the information presented in this paper, the

following conclusions appear reasonable and pertinent to the
charcterization of crack growth data generated with tran-
sport-wing flight-simulation stress histories. 1) Unimodal
stress distributions do not characterize these spectra such that
a single set of rms stress parameters (amax, Aa) would be
useful for accurately determining flight by flight cracking
rates. 2) No-load interaction, linear summation, and cycle-
by-cycle accounting procedures can provide an upper (con-
servative) bound to crack growth rate behavior. 3) By in-
corporating the generalized high-to-low load interaction
model discussed herein into a cycle by cycle accounting
procedure, close estimates of both the trend and magnitude
(i.e., mean) of crack growth rate data result. 4) Integration of
predictive crack growth trend lines provides direct verification
of the usefulness of approach described in this paper.
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